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NATIONAL ADVISCRY COMMITTEE FCR AERONAUTICS

RESEARCH MEMORANDUM

. FLIGHET INVESTIGATION OF THE EFFECT OF BOUNDARY—
LAYER SUCTION ON PROFILE-DRAG COEFFICIENT
AT SUPERCRITICAT, MACH NUMBERS

By Richard B. Skoog

SUMMARY

Flight tests were conducted with a fighter airplane to study the
effect of boundery—layer sucilon aft of the shock wave on sirfoll drag
at supercriticel Maech numbers and high Reynolds numbers. A suction
slot was plasced at sbout TO—percent chord, spproximately T-percent chord

- aft of the shock location at the highest test Mach number. Airfoll
chord force was determined from pressure-dlstribution measurements
obtained at Mach numbere of 0.70 to 0.83 in steady dives. Wake survey
measurements were also made but over the lesser Mach number range from
0.70 to 0.78. The approximate Mach mumber for drag divergence was 0.73.

Results of the tests showed no meesursble effect of suctlon for
the suction coefflclent avallable. Even under conditions where flow
separstion was present the drag increase with Mach number was due
primerily to pressure changes assoclated with supersonic flow on upper
and lower surfaces which resulted in increassged pressure drag.

INTRODUCTION

As has been known for some time, an abrupt rise in the drag
coefficient of an airfoll occurs at high subsonic Mach numbers due
to flow changes assoclated with the occurrence of local reglons of
supereonic flow near the alrfoll. Omne of these flow chenges is the
boundary-layer growth or separation accompanying the shock formation
which terminates a supersonic region. This boundsry—layer behavior
develops because of the steep adverse pressure gradient at the base
of the shock. In view of this action of the boundary layer, there has
been renewed Interest in the possibllities of boundary-leyer control
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as a means of reducing airplane drag at high Mach numbers, especlally
thoge Mach numbers at which separation occurs behind the shock. As far
as 1s kmown, research to date on boundary-layer control at high Mach
numbers has been confined to tests on very small models. References 1
end 2 present the results of tests where suction control was applied
behind the shock on 2—inch—chord airfoils ylelding a drag reduction of
the order of 50 percent.

The purpose of the present investigation was to study at large
gcale the effect of boundary-layer suction on airfoll drag at super—
critical Mach numbers and to determine whether the drag Increase due
to separation could be reduced. Accordingly, an alrplane was fltted
with a suction slot on the upper surface of the left wing at about TO—
percent chord. Measurements were made of profile drag (by the wake
survey method) and of pressure distribution (to evaluate chordwise
force) at Mach numbers beyond that of drag divergence to determine the
effect at these speeds of boundary-layer removal on drag.

TEST EQUIPMENT

The teste of boundary—layer control reported herein were carrled
out on a portion of the left wing of a Jet—propelled fighter ailrplane.
A picture of the airplane as instrumented for the testis 1is shown 1n

figure 1.

The slot configuration used in the tests is shown in figures 2
and 3. As can be seen from the figures, the slot was located at about
TO—-percent chord. The slot was 10.3 percent (2% in.) of the wing semi-
spen and 2.52 percent (2 in.) of the local wing chord and was located
at sbout 42 percent (8 £t, 1-1/k in.) of the wing semispan from the
fuselage center line. Air flow was induced through the slot by the
low pressure existing at the duct exit. (Bee figs. 2 and %.) A wing
root bump was installed to increase the pressure difference between
the slot entrance and the exit. For a limited series of tests the
glot length was reduced by one-half in an effort to increase the flow
coefficient obtainsble.

Standard NACA recording instruments synchronized by a standard
NACA timer were used to record the following varisbles: indicated
alrspeed, pressure altltude, normal ascceleration, wake-survey total—
head decrement and static pressures, boundary-layer total head and
static pressures, and the amount of suction air flow., All recording
instruments were installed in the nose compartment except the acceler—
ometer which was installed in the pilot's cockpit. The air temperature

——
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used in the Reynolds number cslculations was obtalned from radiosonde
data. In addition, a 16-millimeter gunsight aiming—point camera was
installed in the canopy to photograph tuft action on the test pansel.

For the recording alrspeed system s freely swivellng alrspeed
head was mounted on the end of an alrspeed boom attached to the left
wing tip and extendling two chord lengths shead of the wing leading
edge, as shown in figures 1 and 2. The alrspeed calibratlon error for
the installstion was almost negligible, the meximum correction to the
megsured Mach number throughout the test range being 0.01.

The profile-drag rake (shown in fig. 4) was mounted in line with
the center line of the test section on the end of a cantllevered strut
extending outward from the fuselage as shown in that figure. The rake
contained 5k total head tubes and 6 static tubes with the tube openings
located 1k.2-percent chord (11-1/% in.) aft .of the wing trailing edge.

TESTS AND RESULTS

The pressure—distribution and wake-survey measurements were
obtained in steady dives of substantially lineasr flight path. The
weke surveys were conducted at a pressure altitude of gpproximately
15,000 feet over & Mach number range from'0.T70 to 0.78 (airplane 1ift
coefficient varied from 0.12 to 0.08). (Maximum speed was limited by
rake vibration and expansion of the wake, which exceeded the limited
extent of the rake at Mach numbers sbove 0.78.) The pressure—distribution
tests were conducted at an approximate pressure altitude of 30,000 feet
over a Mach number rsnge from 0.70 to 0.83 (airplane 1ift coefficient
varied from 0.21 to 0.12). The Reynolds number — Mach number relation
for both sets of tests is shown In figure 5. As can be seen from the
figure, the Reynolds number renge for the higher altitude was from
13 X 10%® to 16 x 10° and for the lower altitude was from 20 X 10® to
23 x 10% based on the test section mean chord. -

A study of the flow conditlons on the test panel upper surface
was made with the followlng results:

l. ZFrom the boundary-layer surveys, transition was found to occcur
at about 20-percent chord due to surface waviness.

2. Inspectlon of the pressure dilstributions indicated that the
shock location varied from about 52— to 63—percent chord. Hence the
shock was always forward of the slot by at least 7-percent chord.

3. The tuft study lndicated that a pronounced cross flow over the
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test panel developed progressively sbove a Mach number of 0.76.

Y4, The measurements gave no indication of boundary-layer sepa—
ration until about 0.79 Mach number, although the Mach number for drag
divergence 1s gbout 0.73.

The suction coefficient! attained with the full-iength slot was
constant over the Mach number range and equal to about 0.001T5. This
value of suction coefficient corresponds to removal of about one—
quarter of the ailr in the boundary layer at the slot locatlon at the
lower Mach mmbers and is about one~third of the suction coefficlent
it hed been hoped to attain at the beginning of the tests. More suc—
tion could not be atitained due to the limited pressure drop available
and the high duct losses present, In an effort to increase the per—
centage of boundary-layer air removed, the slot length was reduced
from each end by 25 percent (reducing the total length to 1 ft). This
chenge resulted, approximstely, in a doubling of the suction coefficient
due to the 50-percent reduction In affected area, since ‘the volume rate
of flow remained about the same, No further attempt to increase the
flow rate by additional mechanical means was made in view of the con—
clusions drawn from a study of the pressure~distribution resulits pre—
sented hereinafter. :

Although the weke-survey measurements were made to 0.78 Mach
number, the results were questionable above a Mech number of 0.T6
due to the probeble invalldating iInfluence of the boundary-—layer
crogs flow on the boundary layer and wake measurements above that
Mach number. Accordingly, since the wake measurements were consid—
ered unreliable and since the fricticnal drag becomes an increas— ‘
ingly smaller percentage of the total drag at supercritical Mach
nurbers, it was decided to study the effect of suction on the pres—
sure drag as determined from the pressure—distribution measurements.
It was reallzed that a rigorous study of pressure drag would involve
the measurement of angle of attack o and the determination of the
drag coefficient Cg by the equation

Ca =Cccosa+Cypsina

where C¢ and Cpn are the chordwise— and normal—force coefficients.
In view of the difficulties of measuring angle of attack in flight,
however, the chordwise—force coefficient was used to B‘Eudy drag changes
due to suction, since at the low angles of attack which existed for
these tests the magnitude of the C, 8in o term was small. This

Iguction coefficient 1s defined as @/VA vwhere Q 1s the volume of
elr removed under the test conditioms of temperature and pressure,

V 1is the true alrspeed of the ailrplane, and A i1s the total wing
ares ahead and behind the slot.
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term was estimated to be roughly 6 percent of the Cc. cos o term at

a Mach mumber of 0.78 for the conditions. of these tests. Actually,
even 1f the absolute magnitude of Cq were not closely represented by
Ceo for these tests, the change In Cg with Mach number would still be
given very closely by changes Iin C,, since the tests were conducted at
an essentlally conestant angle of attack near zero a. (The angle-of-
attack devlation from the mean valus over the test range was only 0.
as estimated from the measured values of 1lift coefficlent.) The esti~
mated change in Cp sin a due to Mach number (applying Glauert factor
to average test Cp) over the test range is of insignificant magnitude
compared to the change in C, cos a.

Curves of chordwise force coefflcient and profils drag plotted
against Mach number are presented in figure 6 for the original slot to
show the suctlon effect. In addition, data for the reduced length slot
is shown in figure 6(a). The chordwlse force coefficients were cbtalned
from integretion of thlckness-—wlse pressure dlstribubions. The profile
irag coefficlents were obtaeined from the wake-survey data using the
sethod of reference 3. The momentum loss of the removed boundary—
ayer air (determined from a boundary-—layer survey at the slot entrance)
as added to that measured by the survey rake® in order to obtailn the
.otal section profile drag®. As can be seen from the figure, any
'eduction in drag or chordwise force due to boundary-layer removal is
Athin experimental accuracy and would appear to be negligible.

DISCUSSION

A quelitative idea of the causes for the drag rise (and the failure
> the suction to modify this rise) can be obtained from examination of
*tgures 7 and 8 which present representative chordwise and thickness—
rise pressure distributions for selected test Mach nunbers throughout
she test raenge with and without suction. The chordwise distributions
show that the critical pressure coefficlent (for local Mach number equal
L.0) was exceeded on the upper surface over the entire range of these
tests. The lower-surface pressures, however, dld not exceed the criti-
zal until a Mach number of about 0.T76 was attained. The shock apparently
first formed on the upper surface near the 50-percent-chord station,

2Such an evaluation of the drag with suctlon applied neglects the drag
equivalent of the suction power (assumes 100-percent duct efficiency).

s
Comparison should be made only to a Mach number of O. 76 because of
boundary—layer cross flow. Points affected by cross flow are indi-
cated by the use of flags in figure 6(b).
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which 1s 10 percent behind the polint of maximum thickneas. The upper-
surface shock then moved back with increase in Mach number reaching
about 59—percent chord at 0.76 Mach number and about 63—percent chord
gt 0.83 Mach number. The lower—surface shock apparently forms near
the maximum thickness point initlally and then moves back much more
abruptly than the upper—surface shock, arriving at about Tl-percent
chord at 0.83 Mach number. Ae can be seen from the figure, the
wing—surface pressure rise became more abrupt as the shock moved
rearward. Examination of the tralling-edge pressures for the varilous
distributions presented showe separation to have begun between a Mach
number of 0.78 and a Mach number of 0.80 and to be present at higher
Mach numbers, separation beilng indicated by the degree of tralling—
edge pressure recovery. The meaning of these changes 1ln terms of
changes in airfoil pressure drag can be seen by referring to the
thickness—wise pressure distributions also presented in the figures.

The thickness—wise pressure distributions show the contribution
of the various regions along the alirfoil contour to the chordwise
pressure force.,f The area between the forebody and afterbody pressure
distributions has been crosshatched to show whether the resultant dif-
ferential force at any given vertical ordinate is a thrust or a drag
force. Integration of the areas so enclosed ylelds the contribution
to chordwise force coefficient. The large drag area roughly centered
about the line of zero thickness and with its centroid to the left of
the line of zero pressure coefficient is due largely to the basic pres—
sure distribution of the airfoil (unmodified by any boundary—layer or
separation effects), It should be noted that most of this area would
exist at low Mach numbers as well as the Mach numbers of these tests.
The primary effect of flow separation at the Mach number of 0.83 is to
increase the area above the low—speed size by making the trailling—edge
pressures on the upper surface more negative. The drag areas near the
polnts of maximm thickness and with centroids to the right of the line
of critical pressure coefficlent are due to the occurrence of super—
sonic flow and attendant rearward shock movement. These drag areas are
due to the combined effect of pressure decresse ahead of the shock
associated with the change from subsonic to supersonic flow and the
decreasing vertical ordinates back of the point of maximum thicknees.

An over-all inspection of the curves Just discussed shows that the
drag rise Eg,Q;Rﬁ Mach number can be traced to ths rearward movement of
shock.on the upper surface with no increase due to separatilon since
separation has not yet formed. The additional drag rise to 0,83 Mach

4
Chordwise pressure force ig used for the reasons given in the text of
the section on Tests and Results.




NACA RM ASDOkL S T

number can be traced In large part to the formastion of shock and sub—
sequent rearward shock movement on the lower surface, although some

of the increase (roughly 30 percent) is due to the upper—surface sepa—
ration then present. It would appear from these results that the major
portion of the drag rise on the test airfoil comes from the formation
of supersonic regions on the upper and lower surfaces (as has alsoc been
noted for other airfoils in references 4 end 5). BSince the beneficial
effect of suction 1s anticipated to derive solely from the elimination
of separation, these results indicate the limited possibilities of
boundary—layer suction on the test airfoll even if fully effective in
causing reattachment of the separated wake.

CONCLUDING REMARKS

The results of a limited flight investigation to study the effect
of boundary—layer suction behind the shock wave on airfoll drag at
supercritical Mach numbers showed no measurable effect on the test air-
foll for the suction coefficient attelnable. An inspection of the pres—
sure distributions revealed that the major portlon of the drag increase
with Mach number was due to pressure changes directly associated with
supersonic flow on upper and lower surfaces, and & minor portion (mever
exceeding 30 percent) was attributable to upper—surface separation
behind the shock wave., Thus, the possible drag reduction due to elimi-—
nation of flow separation behind the upper—surface shock wave by means
of suction was limited. - The extent to which this condition applies to
other airfoils or other angles of attack cannot be inferred from the
results of the subject tests.

Ames Aeronautical Leboratory,
National Advisory Committee for Aeronsutics,
Moffett Field, Calif.
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Figure 4,— Test equipment showing wing root bump Instelled for the tests.
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pressure distributions over the tesf panel at selected
Mach numbers in the lest range. No suction.
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